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AERODYNAMIC STUDY OF A WING-FUSELAGE COMBINATION EMPLOYING
A WING SWEPT BACK 630.— CHEARACTERISTICS AT A MACH RUMBER
OF 1.53 IRCLUDING EFFECT OF SMATI VARTATIONS OF SWEEP

By Robert T. Madden

SUMMARY

Wind—tunnel tests have been performed at a Mach number of 1.53
to determine experimentally the longitudinal characteristics of a
wing—fuselage corbinstlon which theory indicates should be capable
of attalning meximum l1ift—drag ratios greater than 10 toc 1 at
moderate supersonic speeds. The wing had a leading—edge sweep of 63 5
an aspect ratio of 3.42, & taper ratioc of 0.25, snd an NACA 6LA006
section parallel to the plane of symmetry. The primary obJectives
of the investigatlion were to determine to what extent the theoreti-—
cal maximum lift—drag ratio could be realized experimentally and to
determine the static longitudinal stabllity characteristies.
Secondery objectives included the evaluation of the effects of
Reynolds number and small variations of sweep at a constant Mach
nunber, To determine this latter effect, the wing panels were
rotated about the midpolnt of the root chord to obtain e variation
of leading—edge sweep angle from 57. 0° to 69. 9 In sddition to the
force tests, liguld~f1im studies were made to d.etermine the nature
of the boundary—layer flow.

At & Reynolds number of 0.62 million, the 63° wing configuration
had a maximm lift—drag ratio of 6.7; whereas theory indicated a
value of 10.1. Liguid—film studles revealed that the difference
between experiment and theory was primerily due to separation of
the laminar boundary layer which occurred even at zero 1ift.
Although the lineer theory indicated a fixel eenter—of—pressure
position, the experimental results showed that the center of pressure
varied with 1ift coefficient over spproximately 20 percent of the
meen aerodynamic chord. This difference was alec attributed to the
effects of separatlion. As might be expected, increased Reynolds
number had a marked influence on the extent of separatlion and
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consequently on the measured aerodynamic characteristics. Increasing
the Reynolds number to 0.84 million increased the maximum lift—drag
ratio to 7.2 and reduced the total center—of—pressure travel to '
approximately 12 percent of the mean aerddynamic chord.

In. the determination of the effects of sweep, 1t was found that
the sweep angle for maximum lift-drag ratio was 67° for this general
type of configurstion at a Mech number of 1.53. Values of maximum
lift—drag ratio of 7.1l and 7.4 were cobtailned at Reynolds numbers of
0.62 snd 0.95 million, respectively. The optimum sweep angle resulted
from the decressge in minimum drag coefficlent and the increase in
drag due to 1ift as the sweep aungle was increased. The total center—
of—pressure travel with 1ift coefficlent increased with increasing

angles of sweep.

The results of these tests indicate that further improvements
in maximum lift—drag ratio end longltudinal stebility may be expected
at full-scale Reynolds numbers. However, since the large sdverse
lifting-pressure gradients may cause leading-edge sepsration even at
high Reynolds numbers, the theoreticgl value of maxlwum lift—drag
ratlo may never be obtained with this wing. Therefore, the use of
camber and twist to reduce the sdverse gradient is indicated as a
means of improving the boundery—layer flow characteristics and maxi-—
mm lift-drag ratio.

INTRCDUCTION

The possibility of attaining supersonic fiight speeds withouit a
large increase in fuel consumption per mile of flight over that
required for level subsonic flight depends largely upon cobtaining
high 1ift—dreg ratios at the desired flight Mach number. The theo—
retical aspects of efficilent supersonic flight have been considersd
by Jones in reference 1. As a result of this theoretical study, it
has been indicated that lift—drag ratios greater than 10 to 1 may be
obtained up to a Mach number of approximately 1.5 by using large
angles of sweepback and relatively high aspect ratlos. Thus the
thrust required and the fuel consumption for level supersonlc flight
near e Mech number of 1.5 should be considerably less than that
necessary for straight—wing configurations which develop lift-drag
ratios of approximately 6 to 1.

The most effective galns resulting from the use of sweepback

at supersonic flight speeds are realilzed when the wing leading edge
is swept behind the Mach lines origineting at the apex of the wing
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leading edge. An increase I1n maximum 1ift—drag ratio then results
from decreases in Both minimum drag coefficient and the drag due to
1lift. The effect of sweeping the wing leading edge well within the
Mach cone in reducing the minimum drag coefficlent has been shown by
Jones In reference 2. The reduction in drag due to 1ift results from
the realization of a leading-edge suction force assoclated with the
up—flow at the wing leading edge that 1s not obtalned with wings
swept sahead of the Mach cone. The flow on the sectlons farthest from
the wing root, excluslve of those within the tip Mach cones, most
closely approach ideal, two—dlmensional, subsonic flow and thereby
reallze the grestest reduction in minimum drag coefficient and drag
due to 1lift. Thus the use of the highest practicable aspect ratio

i1s indicated. '

A general wind—tunnel investligation i1s being undertsken &t the
Ames Aeronautical Laboratory with wing—fuselage comblnastions having
wings with leading edges swept back 63° to determine experimentally
the characteristics of a configuration similsr to the types showmn
by Jones in reference 1l to be theoretically efficlent at supersonic
flight speeds. The facilitles employed permit a study at several
Reynolds numbers for both subsonic and supersonic Mach numbers.
Results obtained to date at subsonic speeds with this configuration
are presented in references 3 and 4. The present investigation is~ ,
primerily concerned with the characteristics of the 63° uncambered,
untwisted wing and fuselsge combination et a& Mach number of 1.53.
The leading—edge sweep angle In the present tests was variable
within the raenge of 57.0° to 693.9° and, as a secondary phase of the
study, an experimental determination of the optimum leading—edge
sweep angle for maximum 1i1ft—drag ratio at a Mech number of 1.53
was undertaken. This secondary phese of the investigation also
served to indicate sny possible sdverse effects, particularly on
longitudinal stability characteristics, of a subsonic, sonic, or
supersonic trailing edge.

SYMBOLS
Basic Symbols
b2
A aspect ratio 5
b wing épan meesured perpendicular to plane of symmetry, inches

c wing chord messured perallel to plane of symmetry, inches
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b/2
f cBdy
mean eerodynemic chord -Qb_/;_- , 1lnches
f c d¥
o
mesn geometric chord( %) » inches
wing root chord, inches
wing tip chord, inches

dreg
total drag coefficient <T

minimum total drag coefficient

rise in dreg coefficient ebove minimmm (Cp—Cp . )

11ft
11ft coefficient ——)
( WS

1ift coefficient for maximum lift-drag ratio

lift—curve slope, per radian unless otherwise specified

change in 1ift coefficient from value for minimum drag

( cL'CIDmin)
drag—-rise factor

mé.ximum lift-drag retio

piltching-moment coefficient about 50 percent mean serodynamic

chord <pitch1ng moment about 50 percent mean aerodynemic chord

9,55

)
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Cmy,

‘4

aCm

4Cr,

i WoR o H

g

pitching-moment coefficient about 25 percent mean aerodynamic

pltching moment ebout 25 percent mean aerodynamic chord

chord —
C1°Sc

. moment—curve slope

location of meximum airfoil thickness, measured from
leading edge in streamwlse direction, inches

chordwise location of meximum thickness t/c

AT,
+1 ——
angle ratio,

ratio of the cotangent of sweep angle of the leading edge
to the cotangent of thé sweep angle of the Mach line

Mach number corresponding to velocity component perpendicular
to wing leading edge

free—stream Mach number

pressure coefficient ( qu)
o

local static pressure, pounds per square inch
free—stream stetic pressure, pounds per square inch
free—stream dynamic_pressure s pounds per squere inch
‘Reynolds number bssed on mean geometric chord of wing

wing plan—form area including that blanketed by the
fuselage, square inches

wing area of trisngular wing having the seme leading-edge
length and sweep angle as the given swept wing, square
inches

maximum thickness of streamwise wing section

free—stream veloclty, feet per secend

AN
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X streamwise distance from midchord of mean aerodynamic
chord to center of pressure measured positlve when .
center of pressure is ahead of midchord, inches

Y lateral coordinste, inches

A1 ® sweep angle of leading edge, degrees

Moy |

Change in resultant force vector

o angle of attack, radisns (unless otherwise specified)

Aa change in angle of attack from value for minimum drag,
radians (unless otherwise specified)

OAT, rearwvard inclinstion of the change in resultant force
corresponding to the change in 1ift coefficlent ACr,
radians (unless otherwise specified)

Subscripts

L=0 value at zZero 1lift

D=min value st minimum drag
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exp- experimental velue

theo theoretical velue

opt value gt optimum 1ift coefficient

1 value for lower (parsbolic) range of drag curve

EXPERTMENTAT, CONSIDERATIONS

Wind Thmnel and Balence
The investigetion was performed in the Ames l1l— by 3—foot Buper—
sonic wind tunnel No. 1 which was fitted temporarily with a fixed
nozzle designed for a Mach number of 1.5 providing a 1— by 2—1/2—foot
test section. The wind tunnel, electric strain-gage balance, and
instrumentation are described in detall in references 5 and 6. A
cutawey drawing of the strain-gage balance 1s shown in figure 1.

Models and Supports

Photographs of the wings and fuselage used in the investigation
are shown in figures 2 and 3 and the design dimensions of the basic
configuration ere shown in figure 4. The fuselage and wings were
constructed of steel and no attempt was made to fair in thelr
Jjunctures. In addition to the design setting of 63° the model was
constructed so that leading—edge settings of 57.0°, 60.4°, 67.0°,
and 69.9° could also be tested. The setting of 60.4° locates the
tralling edge at the Mach angle corresponding to a Mach nmumber of
1.53 and those of 57.0° and 69.9° were the limits of the range
attainable. For purposes of brevity, the wing-fuselage configura-—
tions will be deeignated by the letters WEF followed by a two-digit
number giving the leading-edge sweep angle to the nearest whole
defgee. Thus the basic wing—fuselage configuration is designsted
WEF-63.

The streamwlse alrfoil section of the wing of WF-63 is an
HACA 64AOO6. A section having a rounded leading edge was employed
in an attempt to realize the leading-edge suction force predicted by
theory when the wing leading edge is swept within the Mach cone.
Because it was desirable to have the wing thickness—chord ratio as
small as possible to minimize the pressure drag and still obtain a
wing that was structurally practical, the limitations of present—day



8 - ] NACA RM No. A8JOh4

construction were considered. Since at “the present tlme the minimum
depth at the root is approximetely one—flfteenth the spar distance
from the root to the centroid of pesnel areas, the ratio of 1:13.6
obtained with the wing of WF—63 indicates a slightly greater wing
thickness waa employed than was required by thls structural criterion.

To obtain the four additional leadlng—edge sweep settings, the
half-wings were rotated sbout the midpoint of the root chord. Thus,
increasing the sweep angle resulted in s decrease in stresmwise
thickness—chord ratio, = decrease in aspect ratio, and a rearward
movement of the position of meximum stresmwise section thicknesas.
(The structural criterion was not violated in any case.) Table I
shows the variation of the geometric parameters affected by rotating
the wing pasnels.

The fuselage shape used has been determined by Haack, reference
T, to have the minimum pressure drag for a given length and volume
assuming closure at the tall as is shown by the broken lines in
figure 4. The model fuselage shape, however, had a base tc permit
installation on the balance sting, the area of the base being large
enough to shield the sting shroud. In order to obtain a varietion
of the incidence angle of the fuselage on the sting, the model
fuselage was constructed in two parts as 1s shown in figure 2. The
fuselage used for obtaining force data had 4° incidence to the sting
exls so that with the balance beam travel of #5° indicated in Pigure

1, the total angle—of-attack range was from —1° to 9°. A photograph
of the model mounted in the tunmel prior to a force test 1s shown

in figure 3. Plan—form schlieren and liquid—film photographs were

obtained during specisl tests with the model rotated 90° from the
position shown in figure 3. The balance beam was set at zero angle

of attack for these tests and the desired 1ift ccefficlents were
obtained by selectlon of the afterbody with the required incidence

angle.

To obtain a fuselage for the fuselage-alone force tests, the
fuselage wing slots were filled and the metal formed in & manner
that gave circuler sectlons normel to the longitudinal axis.

Test Methods

The methods uéed for determining the aerodynamlc forces on the
model were the same as those of reference 5. Measurements were made
of 1lift, drag, and pltching moment.

The liquld—fl1im technique employed in reference 5 was used to
determine the nature of the boundary-layer flow on the model surfaces
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at all sweepback settings for zero 1ift and at selected 1lift coeffi—
cients. The technique, adapted for supersonic flow from a method
developed by Grey (reference 8) depends primsrily upon the difference
in the rates of evaporation within laminsr and turbulent flow areas.
In addition to Indicating areas of laminsr and turbulent flow as in
reference 5, where the patterns obtained were photographed outside
of the tummnel sfter the test was completed, the photographs obtained
In the present tests whille the tunnel wee operating iIndicsate the
location of the line of laminar separation and in some iInstances the
direction of the boundary—layer flow.

Schlieren plan—form photographs were taken during all tests in
which liquid—£ilm patterns were recorded. It was determlned during
a specific test that the presence of the 1liquid film end fluid
ridges therein did not alter the shock-wave patitern or aerodynamic
forces on the model.

Corrections and Precision

The effect of support interference was teken into account in
the manner described in reference 5. ILiguld—f1lm studies showed
that the boundary layer was turbulent over the rear of the fuselage
and remained unsepsrated up to the fuselsage hase. Reference 9
indicates that the effect of the support system on the pressures on
the model will then be confined to_the base pressure. The base
pressure was measlUred in each test and the drag force was corrected
for the difference between the test and the statlc pressure of the
free stream at the fuselage base. Drag corrections for the longi-—
tudinal pressure gradient of the stream were calculated for the
wings and fuselage and were found to be negligiblie.

All experlmenﬁal 1ift curves have been plotted against the
angle of attack of the root chord and no attempt has been made to
determine the average angle of attack due to wing twist under load.
The varilation of the wing twist with angle of attack was found to bhe
approximately linesr for the basic configuration WF-63 and corre—
sponded to 0.3° washout at the optimum 1ift coefficient.

The accuracy of the experimental data is the same as that
determined in reference 5 since the experimental technique and
equipment were essentially the same. However, the sting moment gage
was changed prior to the present investigatlion and the improvement
in construction eliminated the discrepancies noted near zero 1lift in
the previous tests. More experimentel polnts were also obtained in
the present investigation to permit more accurate fairing of the data.
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THEORETICAL CORSIDERATIONS
Aerodynemic Characteristics

The theoretical characteristics of the wings in this investiga—
tlon have heen determined on the basis of linear theory or approxi—
mete linear theory insofer as practicable. Existing theory permits
the determination, exclusive of the effects of viscosity, of the
11ft and pltching moment and the drag due to 1ift for four of the
wings. For the most highly swept plan form (WF—70) the Mach lines
from the root tralling edge iIntersect the wing leading edge and the
solution for this case was not attempted.

Since by symmetry, the values of 1ift and moment at zerc angle
of attack are zero, and the drag at zero angle of attack is a mini-
mum, the longitudinal aerodynamic charascteristics can be defined by
the lift-curve slope dCL/da, the moment-curve slope de/dCL, the

the minimum drag coefficlent ODmin and the drag-rise factor
(acp/acy)2. ’

Slopes of 1ift and piltching-moment curves.— The linear theory
as applied by Cohen (reference 10} has been used to determine the
slopes of the 1lift and pitching-moment curves. The moment curves
obtalned by the linear theory are linear; whereas the experimental
curves were found in all cases to be nonlinear. Hence, the lengthy
celculations to obtein the moment—curve slopes were carried out
only for WF-63, the basic configuration. The theory of reference 10
is exact to the order of thé linear theory for the wings of WF-5T7
and WF—60. The values obtained for the wings of WF-63 and WF-67 must
be consildered approximate since the solution for the pressures in
the ares between the root trailing—edge Mach line and the trailing
edge 12 obtained by a method which Involves certailn minor violations
of the boundary condltione. It is believed, however, that these
calculated slopes are close to the values that would be cobtained from
the exact limear theory solutiom.

Minimum dreg coefficlent.— For convenience in the analysis, the

minimum drag coefficients have been treated in terms of thelr compo—
nents, the thickness and friction Grag of the wings, and the thick-
nesg and friction drag of the fuselage. It should be noted that in
determining the skin—friction coefficients the low-speed skin-—
friction coefficlents have been used. Because 1t was not possible
to determine quantitatively the skin—frictlon coefficient within
observed separated flow regions, thils component of the wing drag

was obtained by assuming completely laminer flow at & Reynolds
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number of 0.62 million.

The wvalues of the estimated minimum drag coefficients for the
wings must be considered approximate since no solution was availe—
ble for the determination of the thickness drag of wings with
rounded leading edges. The theoretical wvalues used in this analysis
were obtailned from the curves of reference 11, which consider vari—
gtions in leading—edge sweep sngle, aspect ratlo, taper ratio,
thickness—chord ratic, and Mach number for wings having s doubls—
wedge profile with maximum thickness at midchord. Although this
airfoll section has & sharp leading edge, the experimental results
of references 5 wnd 12 indicate that there is 1little, 1f any, change
in wing drsg assoclated with the rounding of a sharp leading-—edge
section on a wing swept within the Mach cone. FProbably a more
Important difference, between the actual wing sections and that used
in the theoretical anaelysis, is the distribution of wing section
thickness. However, this deviation will not alter the qualitative
variation of wing pressure drag with changes in sweep.

The thickness drag coefficient for the fuselage alone has been.
determined by the method of characteristics (reference 13) and in
each case has been based on the wing area of the particular configu—
ration. Liquid—fiim resulte indicated that behind the point of
intersection of the wing leading edge the fuselage boundary layer
was turbulent. To account for this, an approximastion of 4O—percent
laminar snd 60-percent turbulent flow was used to obtain the total
friction drag coefficient using equation (5) of reference 1k. This
equation assumes that the turbulent boundary layer over the reer of
the fuselage 1s the same as would be obtained if the flow over the
entire fuselage were turbulent.

The components of the drag cobtalned in the manner discussed
previously, have been tabuleted below for four of the confilgurations.
For the most highly swept—wing configuration it was not possible to
determine the wing—thickness drag coefficlent from the curves of
refoerence 1l1l. The effects of wing—fuselage interference have been
neglected.

Configuration WF5T WF—60 WF=63 WF—67
Wing—thickness drag 0.0150 0.0078 0.00k7 0.0026
Wing—friction drag .003% .003Lk .003k .003%
Fuselage thickness drag .0015 .0015 .0016 .0016
Fuselage friction drag .0034 .003% .0036 .0036

Total 0.0233 0.0161 0.0133 0.0112
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Drag due to 1lift.— The theoretical drag-rise factor as given
in reference 5 is

ACp |k
(acr)2 dCL7d“ (1)

where kg defines the reerward Inclination of the resultant force
on the flat 1lifting surface as a fraction of the angle of attack.

As was discussed In references 1 end 5, the theoretical value of kg
equels one when the lifting wing has a supersonic leading edge.
However, for a lifting wing with a subsonic leading edge, suction
pressures develop near the leading edge (see fig. 5, which is the
qualitative lifting pressure distribution determined from the
results of Stewart, reference 15) reducing the rearward inclination
of the resultant force and the theoretical velue of kg to less
than onse.

The amount of theoretical leading-edge suction for a wing of
the present investigatlion 18 the same as that for a swept-back
triangle having the same leading edges. Based on this considsrastion,
the following expression obtained from the resultse of reference 1
may be used to determine  kg.

ka=l_S_'SJ_'_ nm ,/l-m2 (2)
VM 2-1 (4C/da)E2 .

In thia equation, ©Sp 1s the area of the equivalent triangle and R
is the complete elliptic integral of the second kind with the modulus

J1-m2. Velues of ACD/(ACL)a were obtained by substituting equation
(2) into equation (1).

Meximum lift—drag ratio and optimum 1ift coefficient.— The theo—

retical meximum lift-drag ratio of the configurations in the present
study mey be determined from the minimum drag coefficient and the
drag—rise factor. As was shown in reference 5

(L/D)max = % = (3)
Puin [(ACL)z:]
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and the 1ift coefficient for meximm lift-drsg ratio is

/__Puy
CLopt = ACp/( ACE) > (4)

Thus the meximum lift-drasg ratio depends equally upon the minimum
dreg coefficient and the drag—rise factor.

Theoretical ILocation of Iine of Leminer
Separation on Basic Configuretion at Zero Lift

The pressure distribution shown in figure 6 has been used to
determine the theoretical line of leminar boundary—layer separation
on the wing of WF-—63 at zero angle of attack. To obtaln this
pressure distribution, & graphicel modification of the method of
Jones (reference 2) was used. In applying the method, the streamwise
airfoil sectlons were approximated as closely as possible with
gymmetrical 16—sided polygons; the lengths of the sides were shortest
where the sectlon curvature was thse grestest. It 18 believed thst
this pressure distribution is sufficiently accurate for the predic—
tion of the line of laminar separstion although the pressures near
the leading edge, becsuse of the large wedge angle requlired to fit
the nose radius, are uncertain. (Because of the uncertainty at the
leading edge, this pressure f£ield was not used in the previously
discussed determinstion of the wing pressure drag.)

The hesvy solid llne shown on the half-wing plen form in figure
6 1is the theoretical line of laminar boundary—leyer separation which
was determined from the theoretical pressure distributions on sections
normal to the wing leading edge. In reference 16, von Kerman and
Millikan have shown that the point of laminer boundary—layer separa—
tion depends only upon the location of the section minimm—pressure
coefficient and the rate of pressure recovery behind the minimum-—
pressure point. The criteriom for separation developed in- that
reference has been used with the pressure distribution of figure 6
by applying the results of Jones (reference 17) which indicate that
the characteristics of & laminar boundary layer on an oblique cylin—
der are determined entirely by the normel—flow Mach and Reynolds
numbers. When the nomenclature of reference 16 is used, the pressure
distributions normal to the wing leading edge (fig. 6) are the
double—roof—profile type since the minimum-pressure location occurs
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at approximately 33 percent of the normal-section chord. TFor this

type of pressure distribution, reference 15 indicates that laminsr—

flow separation will occur when the kinetic energy is reduced to .
approximetely 90 percent of i1ts maximim value. This relationship

may be written .

1-P ~
e 0.90 (5)

where P is the pressure coefficlent at the point of laminer
geparatlion.

Although the theoretical considerations of reference 16 excluded
the effects of compresaibility, the results of reference 18 indicate
that the similarities between boundary-lsyer flow at low and tran—
sonic speeds Justify the extension of the separation criterion to
the present case where the leading—edge normal flow Mach number 1is
approximately 0.7. Therefore, eguation (5) has been applied directly
to the normal-section pressure distributions of figure 6 to obtain

the theoretical line of leminar separation.
}

The foregoing discussion which assumes thet the subsonic
separation criterion can be used in a supersonic flow field also
neglects the fact that since the wing 18 tapered it 1s not an oblique
cylinder as was used in reference 17. However, the pressure distri—
butions are epproximately two-dimensionsl inboard from the tip Mach
cones and therefore application of the method is Justifiable in this
region. Near the wing root the pressure field 1s essentlally three—
dimensional and 1s considerably affected by wing-fuselagse interference ’
so that the theoreticel line 1s of guestionable accuracy in thls
region.

EXPERTMENTAT, RESULTS
Force Tests

The results of the force tests are presented in the usual
manner as lift, drag, and pltching—moment coefficients. The
following tabulatlion summarizes the test conditlons and figure
numbers I1n which the results are presented:
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‘Configuration Reynolds Fo. X 10 ° Figure No.
" WP-5T ' 0.62 7(a)
WF—60 0.62 T(b)
WF—63 0.31, 0.62, 0.84 T(c)
WF—67 0.62, 0.95 7(d)
WF=T0 0.62 T(e)
Fuselage alonel 0.62 7(£)

Also shown on these figures are the theoretical characteristics
wherever they were determined.

Figure 8 shows to a larger scale the pitching-moment date and
also includes the position of the center of pressure plotted against
1ift coefficient. Figure @ is a replot of the moment data in which
the moments sre referred to the quarter chord, rather than the mid—
chord of the mean serodynemic chord. These data may be used directly
in comparing the pitching-moment characteristics with those obtained
in the subsonlc investigations.

Figure 10 presents cross plots of the major aerodynamlic and
geometric parameters asgalnst the factor m, which is the ratio of
the cotangent of the sweep angle of the leading edge to the cotangent
of the sweep angle of the Mach line. The variations of minimm drag
coefficient, lift-—curve slope, drag—xise factor, and meximum 1lift—
drag ratio are shown in figures 10(a) through 10(4), respectively,
for a Reynolds number of 0.62 million. Figure 1l presents the
variations of ACD/(ACL)Z, ke, and ACL/Aa with 1ift coefficient
for WF—63 at a Reynolds number of 0.62 million.

Table II summarizes the results of the force tests for all
configurations and Reynolds numbers investigated. In cases where
theoretical values have been calculated they have been entered In
parentheses dlrectly below the experimental value. The theoreticel
results, based on linear theory glve straight—line 1ift and moment
curves and parabolic drag curves. The experimental results, however,
in all cases show nonlinear 1ift and moment curves and drag curves
which are composed essentially of two parsbolic segments that
intersect at slightly less than the optimum 11ift coefficient.
Because of these veristions, two values of dCL/dct,, AGD/ (Acp)®,
end kg are shown in teble IT for each configuration, the values
being those for zero 1lift and for the optimm 1ift coefficient.

The variation of these parameters with 1ift coefficient will be

considered subsequently.

IReynolds number and coefficients are based on reference lengths
and area of WF—63.
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Liguld—¥Film Tests

The results of the liquid—film tests are presented in the form
of line drawings, since inconsistent lighting effects throughout the
investigation resulted in a nonuniform set of test photographs. Two
photographs are included, however, which show typical results obtained
at zero lift and near the optimm 1ift coefficient. These are shown
in figure 12 with the corresponding line drawings.

At zero 1ift (fig. 12(a)), the pattern obtained on the wing of
WF—63 revealed that the boundsry—lesyer flow on the inboard sections
was laminar back to the trailing edge with the exception of a smell
turbulent flow area close to the body that originated st the Juncture
of the fuselage and wing leading edge. On the outbosrd sections,
the boundary leyer was laminar back to epproximately 60 percent of
the chord where the flow separated from the wing surface. The
separation line 18 indicated In the photograph by a ridge of fluid
on the surface which results from the oppbsing shear forces acting
on the liquid film ashead of and behind the line of separation.

The lifting wing upper-—surface photograph shown in figure 12(b)
reveals that the laminsr boundery layer separates closer to the wing
leading edge than at zero lift. After separating, however, the
boundary layer reattaches as a turbulent bounday layer on the inboard
gections as 1is evidenced by the drying lines behind the separated
region. The outward curvature of these lines indicated a spanwise
boundary--layer flow. Outboard of the section where the line of
reattached flow intersects the trailing edge of the wing, the
photogrsph shows evidence of a secondary flow within the stalled
region. On a later test run with only the bottom surface of the
wing coatéd with liquid film, this pattern was observed to result
from air flow around the trailing edge intc the upper—surface
separated region. 1In the absence of pressure—distribution studies
in these tests the reason for the formation of a fluld ridge within
this sepersted region 1s not immediately apparent. However, like
the line of laminar separation, 1t must occur where there is zero
surface shear in the chordwise direction.

All boundary—leyer-flow drawings are of the upper wing surfaces.
S8ince the wings were symmstrical, the patterns obtained on the
bottom surfaces at zero 1lift were the same as those for the upper
surfaeces. Where upper—surface patterns are presented for the lifting
wings, the lower surfaces were observed to have completely laminar
boundary-layer flow.
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Figure 13 presents boundary—layer—flow patterns for WF-63
showing the effect of Reynolds number at zero 1lift and the effect

[, Npres O LY 1134~ m4 - -
of 1ift at a Reynolds number of 0.62 million. Figurs k2N EI‘GE%H‘GE

the results obtained at a Reynolds number of 0.62 million for all
configurations Investigated.

Schlieren Photographs

Figure 15 presente two photogrephs of the tunnel-empty schlieren
field with wind on and off, which indicate imperfections in the flow
field common to all schlieren photographs presented. Figures 16 and
17 are schlleren photogrsphs of the shock—wave patterns corresponding
to the liquid—f1im test results shown in figures 13 and 1k,

DISCUSSION

The purpose of the present investigation was to evaluate experi-
mentally the longitudinal charecteristics of s configuration which
was Indicated by linear theory to be capable of efficient flight
near 8 Mach number of 1.5. Thus, the differences between experiment
and theory, particularly with regard to (L/D)p.y and longitudinal
stability, are of primery interest. Also of importance are the effects
of both Reynolds number and sweep on maximum lift-dreg ratio and
longitudinal stability. In the discussion that follows, it is
convenient to examine, first, the characteristics of the bhaslc
configuration WF—63 at a Reynolds number of 0.62 million and then to
- examine the separate effects of Reynolds number and sweep. Since,
as was previously mentioned, (L/D)p,y 15 determined by end
acp/(AC1)2  (equation (3)) and is rela.ted to dCr/da, these paremeters

are also considered.

Cheracteristice of WF—63 at a Reynolds
Number of 0.62 Million

Figure T(c) shows the following discrepancies between experiment
end theory:

1. The theoretical velue of (L/D)psy 18 10.1; whereas the
experimental value is 6.7 at & Reynolds nusber of 0.62 million.
Comparison of the theoretical and experimental drag curves reveals
thet this difference is due to higher experimental velues of both
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minimum drag coefficient and drag due to 1lift.

2. The experimental value of lift—curve slope 1s less than that
predicted by theory.

3. With regard to longitudinal stability, theory indicates a
linear variation of Cp with Cj; whereas experiment shows a
nonlinear variation which indicates an apprecleble center—of-pressure
travel.

These differences between experiment and theory are attributed
to flow separation which 1s not consldered in the linear theory but
which was observed to exist on the model. The effect of this separa—
tion on the serodynamic parameters 4Cr/da, CDin? aCp/(acy)z,

(L/D)mex, and center-of—pressure location are discussed in the
sections immediately following.

Lift—curve slope.— The 1lift curve in figure 7(c) 18 composed
of two linear portions that join near Cy = 0.09. In the lower

range, the slope is 0.038 and in the range above Cp, = 0.09, the slope
increases to 0.045, both values being less than the theoretical value
of 0.051 which excludes the effects of viscosity. Some insight into
the effects of viscosity at a Reynolds number of 0.62 million 1is
possible through a correlation of the 11fi characteristics with the
boundary—~layer flow as observed by liquid—film tests.

At zero 1ift (fig. 13(b)) on both upper and lower surfaces
laminar separation occurred at spproximately 60-percent chord over
the outboard sections. Theory (fig. 6} predicte this separation,
since the pressure recovery over the rear of these sections 1is
sufficiently large to casuse the leminar boundary layer to separate.
Although theory also indicates separastion should occur on the
inboaerd sections, the experimental result et this Reynolds number
revealed no such separetion. This disagreement on these sections
probebly results in part from the departure of the flow from the
two—dimensional oblique cylindrical flow assumed to exist on all
sections when calculating the theoretical location of laminar
separation.

As the angle of attack is increased, the separastion asrea on the
upper surface expended to Include the area on the inboard sections
and the separated area on the lower surface contracted to include
only the tip sections.2 This change in boundary-layer flow was

2These results are based on visual observations made with the model
mounted horizontally in the tunnel. Hence, it was not possible
to obtain plan—form photographs of the surface flow patterns.
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gradual in the range of 1lift coefficients below 0.09. These asym—
metrical separation areas on the upper and lower surfaces effectlvely
reduced the wing angle of attack over the sections affected and are
therefore undoubtedly responsible for the low velue of dCL/ dee
obtained experimentally in this range.

Above Cy = 0.09, there was an abrupt change in the liquid—fiim
pettern on the upper surface. (See figs. 13(c) and (d).) The line
of laminar separastion moved from approximstely midchord to the
region near the leading edge because of the influence of ths highly
adverse pressure gradients shown In figure 5. After separsting, the
boundary layer reattached as a turbulent flow on the inboard sections
{where the presgure gradients behind the leading edge were not
severely adverse). The elimination of the separation near the
tralling edge on these sectlons increases the effectlve angle of
attack as is indicated by the increase 1n lift—curve slope from
0.038 to 0.0L45. This change suggests that, if the flow would reattach
on the tip sections, the sxpsrimental value of 4C [do, would closely

approach that of 0.051 predicted by the inviscid linear theory.

At Cr, = 0.21 and 0.28 (figs. 13(c) and (d)) the line of
laminar separation 1s very close to the leading edge except for =
small length near the two—thirds semispan location. The rearward
displacement of the line on these sections may be due to a localized
supercritical flow based on the velocity component (Mp = 0.69) and
wing section (similar to an NACA 0012 section) perpendiculer to the
wing leading edge. This condition would displace the minimom
pressure point and consequently the leading-edge adverse pressure
gradient region rearwerd as was observed in the tests of reference
19. However, no reason for the restriction of this flow alteration
to only a part of the wing 1s spparent st the present time.

Minimum drag coefficient.— The value of Cpyy, obtained experi-
mentally at a Reynolds number of 0.62 million is 0.0175 which is some—
what greaster than the theoretical wvalue of 0.0133. Several factors
maey contribute to thls discrepancy, the most important being #he
increased pressure drag component included in the experimantel velue
which results from leminsr boundsry—layer separation. The previously
discussed liquid—film result of figure 13(b) shows that a large
separsted area exists at minimum drag (Cp = 0). A similar condition
observed in the tests of reference 20 with a swept-back-wing pressure-—
distrlbution model revealed that the pressures behind the liae of
separstion are constant (as in subsonic flow) and more rnegative than
indicated by theory, thereby Ilncreasing the experimentel pressure
drag increment. The effects of wing—fuselage Interference and
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wing—thickness distribution have slso been neglected in the determi—
nation of the theoretical value of CDmin It is believed, however,
that these factors are relatively small as compared to the effect of
separation Just discussed.

Drag dus to 1lift.-— The experimentel drag due to 1ift in terms
of the drag—rise factor ACD/ (ACL)2 has been determined from plots
of Cp~Cp as a function of (CL—CIp_pmin)® shown by curve (1) in
figure llﬁ# for the basic conflguration. Also shown in this figure
by curve (2) is the theoretical drag due to 1lift and by curve (3)
the drag due to 1lift that would result 1if the experimental resultant
force vector was perpendicular to the wing chord. Comparison of
curve (1) with (2) indicates that the experimental drag due to 1lift
is much grester than predicted by the inviscid theory. EHowever,
curves {1) and (3) indicate that the benefits of leading-edge suction
_are partlally reallzed experimentally particulerly in the low 1lift—
coefficient range. This factor is apparent by considering the
variations of the parsmeters ACr/Aa end k, which, as shown in the
sectlon Theoretlical Considerations, determine the drag due to Lift.
These parameters may be related by the following equation which is
similar to equation (1), but does not require & linear 1ift curve
and perabolic drag curve:

ACp = kg ’ 6
(ACL)a ACL/M (6)

Figure 11(b) shows the variations of AC;/Aad and k, with
both (ACL)2 and CI,. In the range of 1lift coefficients from
0 to 0.09, the values of ACL/Aa. end kg are constant since, as
accurately as could be determined, the 1ift and drag curves were

linear and parabolic, respectively, in thls range. At C1, = 0.09,
vhere as previously discussed, the laminsr boundary—layer flow

separation line moved sbruptly forward to the leading-—edge regilon
on the upper surface, there was an increase in the value of

which Indicates a loss in leading-edge suction. It is noteworthy,
however, that the increase in lift-curve slope end ACL/Ac,

because of the reattached turbulent boundary—layer flow over the
rear of the wing, offsets the loss in lesding-edge suction and
results in a constent value of ACH/(ACy)2 (fig. 11) up to approxi—
mately the optimum 1ift coefficient of 0.21. Above this value of
1ift coefficient, figure 11(a) shows an increase in drag-rise

. factor. Figure 11(b) indicates that this is due to increased values
of Xk, which probably result from the larger areas of separated

L
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flow at both the leading and trailing edges. Thils change in flow is
shown in figures 13(c) and (d4) for lift coefficients of 0.21 and
0.28.2 The loss of both leading—edge suction force and pressure
recovery over the rear of the wing rotates the resultant force vector
rearward toward the normal to the chord and hence the experimental
drag—rise variation in this range approaches that of curve (3). It
should be remembered, however, in compering the calculated and
experimental results, that the theoretlcal values of ACp result
purely from a consideration of the pressure drag; whereas the
corresponding experimental values also include changes in friction
dreg which slightly increase the experimental values of kg and

ACp/(act ).

Maximum lift—drag ratio.— At a Reynolds number of 0.62 million
the experimental value of maximum 1lift—dreg ratio is 6.7 as compared
to the theoretical value of 10.1l. As is indicated by equation (3)
and the values in teble II, this difference is due to the higher
experimental values of both QDmin and ACD/(ACL)Z. As was dis—

cussed In the preceding sections, the high experimentel values of
drag were due to flow separation. It appears, therefore, that eny
improvement in (L/D)max must come from reductions in the areas of
separated flow.

Pitching—moment variation with 1ift coefficient.— The pitching—

moment coefficients and the center—of—pressure positions for WF—63
are shown in figure 8(c). The center—of-pressure positions have
been determined using enlarged plots of the moment data* and the
Tollowing equation:

%=En_1 (7

SAlthough it is not immediately apparent, a close examinstion of
figures 13(c) and (d) reveals that at the higher 1ift coefficient
the lengths of the attached flow areas at the leading and trailing
edges are appreclably reduced.

4The moment curves from which the center~of—pressure curves were
obtalned were displaced verticelly by the value of the moment coef—
ficient at zero 1ift which in all cages except WF—60 was small and
within the limits of the experimental precision. The reason for
the larger error with WF—60 was not determined. It does not,
however, invalidate the varistion of moment coefficient which
indicates the center—of-pressure travel.
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Positive values of X 1indicate center—of-pressure positions shead
of the transverse axis through the centroid of wing area which
occure at the 50—percent station of the mean aerodynamic chord.

The center—of-pressure travel associsted with the wvarilation
of moment coefficient can be explained in terms of the changes
in boundary—layer flow with 1ift coeffilcient previously discussed.
Increasing the 1ift coefficient from Cp = 0 to Cp = 0.09
resulted in an increase in the area of separated flow on the inboard
top surfaces and a decrease 1n aree of separated flow on the out—
board bottom surface. The loss of 1lift on the top surface occurs
not far from the centroid of area, while the increazse in 1ift on
the bottom surface occurs considerebly behind the centroid of area.
The combined effect 1s to move the resultant center of pressure
rearward from 1ts location at zero 1ift.

Above C1, = 0.09 the flow on the bottom surface is entirely
attached, but on the upper surface the line of laminer sepsration
has moved close to the leading edge over most of 1ts length. The
corresponding reduction In the negative pressure peak near the
leading edge has & tendency to move the center of pressure farther
aft. However, as the 1ift coefficient increases, the separated ares
on outboard sectlons becomes progressively larger and since this
loss of 1lift occurs behind the centrold of area, it has the effect
of moving the center—of pressure forward. These opposing actlons
limit the maximum resrward position of the center of pressure to
approximately 8 percent of the mean serodynamic chord behind the
centroid of asrea at a 1ift coefficient of 0.22. Above this 1lift
coefflcient the effect of the inboard progression of separation
predominates and the center of pressure moves forwsrd.

Effect of Reynolds Number on Longitudinal Cheracteristics

Because of the relastively small scale of the test model
the effects of Reynolde number are lmportant in en estimation
of the characteristics of a full-scale configuration. Since
similar Reynolds nunber effects may be expected with all configu—
rations tested, the following discussion 1s primerily concermed
with the changes observed with WF-63, the configuration which is
a part of the general investigation at both subsonic ard super—
sonlc apeeds. '
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Effect of Reynolds number on lift—curve slope.— The lift—curves

of WF-63 are presented in figure T(c¢) for Reynolds numbers of 0.31,
0.62, and 0.84 milijon. The values of the slopes obtained at zero
1ift and at the optimm 1i1ft coefficlent, which are listed in
tabls IT, show that no change was observed 1n the test range of
Reynolds numbers.

Effect of Reynoids number on minimum drag coefficient.—

measured values of minimum drag coefficilent for WF—63 at Reynolds
numbers of 0.31, 0.62, and 0.8} million are 0.210, 0.0175, and

0O _01AD TresDs AnEdoale Mt Mmaoso11rald A acrasse In (952 ramnilta
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primarily from the decrease in pressure drag due to separation as is
shown by the liquid—film tests results in figures 13(a) and (b) for
Reynolds numbers of 0.31 and 0.6 million. (Since the decrease in
skin—friction coefficient with increased Reynolds number 1s acocompa—
nied by an increase 1n wetted arsa, the net change in minimm drag
coefficlent due to these effects will probably be small.) Although

the line of laminar separation 1s not a.ffeoted. on the outboard
sectlons, there is a large reductlon in the area of separated flow
on the upper and lower surfaces of the inboard sectlons at the
higher Reynolds number. The reduction in area of these separated
reglons is probably assoclated with the relatively neutral section
pressure gradlents (fig.6) that occur near the wing root; that is,
at the higher Reynolds number, the increased energy of the boundary
layer is sufficlient to permit the flow to remaln unseparsted through
the gradually rising pressure fleld over the rear of the wing. Omn
the outer wing sections where the pressure recovery ls more pro—
nounced, increasing the Reynolds number has negliglble effect. No
liquid—film pattern was obtalned at a Reynolds number of 0.84 million,
but the further reduction in minimmm drag coefficlent to 0.0160
indicates a continuation of the changes Just dimscussed which favor-
ably reduces the difference between experiment end theory. .

Effect of Reynolds number on drag due to 1lift.— As shown in
the previous discussion and equation (6), the value of ACH/(40r )2

d.epend.s on the variations of AC;/Ax and k,. Since the value of

Aa. is unchanged. by increasling the Reynolds number, the reduction
M%h( is entirely due to a reduction in k,. Near zero 1ift
where e of lamlinar separation 1s at approximately midchord,
the reduction in kg (table II) results from effects of Reynolds
number on laminar separation similar to those discussed relative to
the variation of minimum drag coefficient. The reduction in kg
wlth Reynolds nmumber at 1ift coefficlents above 0.09, as near the
optimum for (L/D)pay, 18 probably associated with the effect of
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Reynolds number on the laminar separation bubble (fig. 13(c)) near
the wing leading edge. Von Doenhoff and Tetervin, reference 21,

have shown at subsonic speeds thet increasing the Reynolds number
caused a decrease in the chordwise extent of the separated bubble.
This change with incressed Reynholds number resulted in an increase

in the negative pressures over the wing leading edge. In the present
tests the less rearward inclination of the resultant force vector
with Increasing Reynolds number thet 1s shown by the reduction in
kﬂOpt indlcates a similer Incresse in leading-edge sugtion force.

This effect of Reynolds number is not reeslized on the outboard
sections where the flow does not reattach after separating neer the

leading edge.

The large area of the wing near the tip where the flow does not
regattach indicates the detrimental effect of the adverse pressure
gradient due to angle of attack (fig. 5) which exists over these
sections at 1ift coefficlients near the optimm. The accompanying
Increase in pressure drag assoclasted with this pressure gradient,
particularly nesr the leading edge when this separstion occurs, is
apparent by comparing the theoretical value of of 0.5k for WF-63
with the values obtained near zero 1lift (k, = 0.66) and at the
optimum 1ift coefficient (kg = O.Th) for a Reynolds number of 0.84
million. In reference 12, tests were made at the Mach number of the
present study with a wing having a sharp leading edge having spproxi—
mately the same length and sweep angle as WF-63 and & value of
kg of 0.79 was obtained. Comparison of this experimental result
with those obteined in the present investigation of WF-63 suggests
thaet when the line of flow separation moves nesr the leading edge
the advantage of leading edge rounding in reducing kg, and conse—
quently ACp/(ACI)2, is apparently lost. Thus the problem of
leading—edge shape with emphasis on the reduction of the strength of
the adverse pressure gradient due to angle of attack should he
investigated in an attempt to mailntain the maximm leading-edge
suction force to the highest possible 1ift cocefficient.

Effect of Reynolds number on maxlimum lift—drag ratio.~ The
experimental values of maximum lift—drag fatlo obtained with WF-63
at Reynolds numbers of 0.31, 0.62, and 0.8k million were 5.8, 6.7,
and 7.2, respectively. This increase, shown in figure T(c) end in
table ITT, wilth incressing Reynolds number results from the reductions
in Cp =~ end A0 /(ACL)2  which were discussed in the preceding

sections. Although the highest experimental value obtained with
this configuration 1s considerably less than the theoretical value
of 10.1, the favorable effect of increased Reynolds number indicates
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that the theoretical value should be more closely spproached at
Reynolds numbers somswhat above those attalneble at the small scale
of the present tests.

The velue of the 1lift coefflcient for maximum lift-drag ratio
of 0.21 is independent of Reynolds number in the range iInvestigated.
This result is associlated with the increased rate of drag rise near
a 1ift coefficient of 0.20 which, because of the severeness of the
adverse pressure gradient due to angle of attack is alsc independent
of Reynolds number.

Effect of Reynolds number on center—of—'pressu.re travel with
1ift coefficient.— The effect of increased Reynolds number in reducing

the center—of-pressure travel is shown in figures 8(c) and (d) where
a decrease in total travel of approximately 8 percent of the mean
gerodynemic chord is indicated as & result of increasing the Reynolds
number from 0.62 to 0.8k million. (The data for a Reynolds number of
0.31 million were omitted since, for this test condition, the temper—
ature effects on the moment strain gage in combinstion with the
relatively small moments result In excessive scatter in the plotted
data.) It appears that the favorsble. decrease in tobal center—of—
pressure travel with increased Reynolds number, like the increase in
maximmm lift-drag ratio with Increased Reynolds number, is due to
the decreased areas of separated flow.

Probeble effects of hlgher Reynolds numbers.— The probable
changes in the serodynemic characteristics due to increases in
Reynolds numwbers above those obtalned 1in- the presgent study may be
discussed best by coneldering two ranges of 1ift coefflcient;
namely, the range near zero lift where lemlnar separation occurs
near midchord and the hlgher lift—coefflcient rangs where laminar
separation occurs nesr the wing leadling edge.

In the lower range of 1lift coefflcients, the line of leminar
separation ls determined by the rate of pressure recovery behind
the line of minimum pressure and the energy level of the laminar
boundary laysr. If the boundary layer remains laminer, a continued
decrease 1n minimum drag coefficlent wlth increased Reynolds number
may be expected for the reasons previously discussed. If, howsver,
boundary—leyer transition to turbulent flow occurs ahead of the
observed laminar separation line, reference 18 indicates that the
value of the right—hand side of equation (5) would become 0.5; that
is, the turbulent boundary laysr can theoreticelly withstand a
pregsure recovery about filve tilmes greater than that of the laminsr
boundary layer before separetion occurs. Thus with 'b'he pressure
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field shown in figure 6 and a turbulent boundary layer near midchord,
no flow separation would be likely to occur on the wing of WF—63 at
zero angle of attack. In tests at larger scale of a wing with
approximately 63° leading-edge sweepback having a biconvex section
and taper ratio of one, Frick and Boyd (reference 20) have shown,
through both pressure-distribution messurements and liquid—film
studies at & Reynolds number of approximately 1.8 million, that
natural boundsry—layer transition 4id occur near midchord. Hence, a
similar condition may be expected with the present wing at higher
Reynolds numbers. This will cause a reduction in pressure drag, but
will elso be accompanied by an Ilncresse in skin—friction drag. Thus
an estimation of the drag of a full-scaele conflguration operating
near zerc lift at a Mach number of 1.53 depends upon a comparison of
the laminer skin—friction drag snd the separation dreg at the test
Reynolds number with the laminar and turbulent skin—friction drags of
the full-scale Reynolds number. Theodorsen and Regler in reference
22 have shown that skin—friction coefficlents are independent of Mach
number up to at least 1.69. Therefore, et relatively high Reynolds
numbers, since the laminar and turbulent skin—friction coefficients
both decrease with incressing Reynolds number, it may be expected
that the turbulent skin—friction coefficient will be of the same
order of magnitude as the laminar skin—friction coefficient at the
test Reynolds number. In this higher range of Reynolds numbers,
because the separation area and assoclated drag will have disappesmred,
it is probable the drag values near the minimim will be less than
that for & similar configuration in this study.

In the range of higher 1ift coefficients, the pressures due to
angle of attack predominate end the flow-separation line in the
present tests moved close to the wing leading edge. The most
important effect of Increasing the Reymolds number in this range of
lift coefficients is that of reducing the chordwise extent of the
separated bubble which exists ilmmediately behind the line of separa—
tion. The possibility of obtaining transition in the boundary layer
ahead of the line of separation and thus removing completely the
separated bubble at full-scele Reynolds numbers will depend upon the
length of rum, leading—edge—surface condition, and the stremgth of
the adverse pressure gradient due to the lifting pressure dilstribu—
tlon. The reduction or dilsappearances of the separated area near
the leading edge would probably result in en increase in the leading—
edge suctlion arnd a decrease in the dreg-rise factor. This decrease
in the magnitude of the drag~rise factor assoclated with this
improvement of flow in conjunctlon with the probeble decreass in
minimum drag coefficient would result in a further increase in the
maximumm lift-dreg retio.
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Since the distance from the moment axis to the center of
pressure at low 1lift coefficlents was reduced by reducing the ares
of leminar separstion, the reduction or disappearance of the separated
flow at full-scale Reynolds numbers should result in a more rearward,
center—of—pressure position near zero lift. This effect is 1llus—
trated in figures 8(c) and (d) for WF—63 at Reynolds numbers of 0.62
and 0.84% million. The increase in Reynolds nurbers in the higher
range of 1lilft coefficients where the line of laminar separation is
close to the lesding edge will decrease the extent of the laminar
bubble. It 1s probable, therefore, that the center of pressure
will have a more forward position in this lift-coefficient range
with increasing Reynolds number. Thus it is to be expected that
the decrease in total center—of—pressure travel with increase in
Reynolds number within the renge of the present investigation will
be continued to higher Reynolds numbers.

Because of the hiligh induced angles of attack on the outboard
wing sectlons and the assoclated highly adverse—pressure gradients
(fig. 5), full benefit of increased Reynolds number may not be
achleved at 1ift coefficlents near the optimum; that 1s, the flow
may separate even at full—-scale Reynolds numbers. A possible solu—
tion to this problem has been indicated by Jones in reference 1
where 1t is shown that camber and washout may be utilized at super—
sonic speeds to obtain a uniform 1lift distribution at a spscific
1ift coefficient. Hence, the lifting pressure gradients are neutral
and should not promote separation.

Effect of Sweep on Longitudinal Cheracteristics

The longitudinel characteristics presented in figure T for the
various sweep angles Investigated are summarized in figure 10 for
purposes of discussion. These data were obtalned at = constant
Reynolds number of 0.62 million, the highest possible that permitted
the determination of the maximm lift—drag ratio of each angle of
sweep without exceeding the 1imits of the balance. As in the
precedlng sections, the effects of sweep will be considered on 1ift—
curve slope, minimum drag coefficient, drag-rise factor, maximum
lift-drag ratio, and pitching moment. Because the sweep angle was
varied by roteting the wing panels about the midpoint of the root
chord, there is an accompanying change in aspect ratio and thickness—
chord ratio measured paralled to the plane of symmetry. These
changes, 1t should be noted, very nearly represent the relation
which must be followed in practical wing construction to maintain a
glven structural strength and stiffmness., In the following discussion,
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unleas otherwlse stated, the effect of sweep also I1ncludes the
effects of the wing thickness and aspect ratio changes.

Effect of sweep on lift-—curve slope.— Data presented in figures
7(a) Through (o) show that the break in the 1ift curve which has
been previously discussed with WF-63 is evident at all sweep angles.
For thils reason two values of the slope have been listed in table IT
which indicate the difference 1n slope between zero 1lift and the
optimum 1ift coefficlent. Alsoc shown in table IT and on the experi-
mental plots are the theoreticsl values for all wilngs excep! that of
WF~70. Figure 10(b) is a cross plot of (dCL/da)opt and (dCL/da)theo
agalnst the factor m which shows that both values decrease with
Increesing angles of sweep when the Mach number remalns constant.
The liquid~film test resultis glve some Iinsight as to the boundary-
layer—~£low changes assoclated with the differences between experi-
ment and theory. The changes in boundary-—layer flow on the upper
surfaces of the wings near the optlimum 1ift coefficients are shown
in figure 14(b). The differences in flow pattern due to differences
in 1ift coefflclent from the optimm are relatively small and can be
neglected. (See figs. 13(c) and (d).) These liquid—film patterns
indicate that at the lower angles of sweep where the greatest
difference between experiment and theory exlsts, the asres of separa—
ted flow at the tralling edge 1is also the greatest,

Effect of sweep on minimum dvag coefficlent.~ The theoretical
and experimental varlations of minimum drag coefficient with sweep

are shown in figure 10(a} where it will be noted that there 1s a
marked reduction in minimum drag coefficient with increasing sweep.
The more rapld rise of cDmin obtained theoreticelly as m approaches

a value of one (decreasing sweep) 1s a result of the use of a double—
wedge alrfoll section In the theoretical determination of the wing
pregsure drag; that is, at the lower angles of sweep where the ridge
line of the theoretical wing is nearly sonic, the theoretical pressurs
drag 1s somewhat higher than would be obtained with the test wing
sectlon which has no abrupt change in slope at the maximum—thickness
rosition. The variastion of the theoretical pressure-—dreg increment
for the wings as tabulated undser the section Theoretical Considerations
does, however, indlcate that exclusive of the effect of thickness distri—
butlion Just discussed the varlation in wing—pressure drag almost
completely accounts for the measured reduction in total minimum drag
coefficlent with increased sweep. The resultes of reference 11 show
that the primary faotors in reducing the wing—thicknsess drag are
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gmsll thickness—chord ratlos, high angles of sweep, and large aspect
ratios. For the present wings, where the thilckness—chord ratioc and

aspect ratio both decreass with increased sweep (fig. 10(a)), it is

probable that both the theoretical and experimental smaller rates
of decrease in cDmin at the highest sweep angles are largely due to

the adverse reduction in aspect ratio.

In addition to changes in wing—fuselage interference, other
factors which may influence the minimum drag—cocefficlent variation
with sweep are changes Iin skin frlction and separation pressure drag.
Figure 1h(a) which presents liquld—film results at zero 1ift for the
test configurations shows that there are small changes in the ares
of separated flow, particularly at the three highest angles of
sweep. These results glve further indication that the large varia—
tion in minimum drag coefficient with sweep 1s due primerily to
changes in wing—thickness pressure drag rather than to changes 1n
geparation or friction drag.

Effect of sweep on drag due to lift.— As was discussed in the
preceding mectlions, the drag curves obtaimed with all configurations
are composed essentlially of two parabolic segments which Join
slightly below the optimum 1i1ft coefficlent. Thus the values of the
drag—rise factors st the optlmum 1ift coefflcients are slightly
greater than those in the lower range of 1lift coefficlents. Both
oxperimental values are hilgher ther indicated by theory for the
reasons previously discussed with the results of the tests of WF-63.

The experimental variation of drag-rise factor with sweep can
be studied by considsring the factors which determine ACp at a
given value of ACy by use of equation (6). For a constant 1lift
coefficient as the sweep angle ls Increased, the increase in ACy
can be attributed elther to an increase 1n angle of attack or to a
change in Ik, or to changes in both. As was consldered 1in the
preceding sectlion the lift—curve slope decreapes with increasing
sweep.. Consequently the angle of attack for a given 1ift coeffi-—
clent increases and contributes to an Increase in ACn. The varia-—
tions with sweep of Xk, mnear zero 1lift and at the optimum 1ift
coefficlent are shown in table IT and the latter values are plotited
in figure 10(c). Since the values from 57.0° to 67.0° sweep ars
nearly constant, this variation of k, has 1ittle influence on the
noted increase In drag—xrise factor. However, above 67.0 sweep
there is an abrupt increase in the value of Xk, that, coupled with
the decreased lift—curve slope, results in a rapld increase in the
rate of drag—=xise.
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A general consideration of the change in liquid—film patterns
of figure 1k(b) agrees with the observed variation of ks with
sweep. The value of Xk, will be influenced by both the leading-—edge
suction pressures and the amount of pressure recovery over the rear
of the wing. Therefore, although the area of leading—edgse attached
flow and high suction pressures is reduced as the sweep angle
increasses up to 67.0°, the pressure rscovery resulting from the
Increased area of reattached turbulent flow results in a nearly
congtant value of k, wlith sweep. At the highest angle of ewsep,
however, all of the leading—edge suction force is lost since laminar
geparation occurs along the entire leading-edge length. The change
in pressure distributlon assoclated with thils loss of leading—edge
suction would therefore be expected to increase kg as 1s shown by
figure 10(c) between 67.0° and 69.9° sweep.

Effect of sweep on maximum lift—drag ratio.— Figure 10(d) shows
the variation of meximum 1ift~drag ratio with the factor m. This
curve shows that the angle of leadlng—edge sweep for maximum 1ift—
drag ratio at this Mach number 1s near 67.0° which corresponds to
a value of m equal to 0.49. The limitations of the linear theory
when used with the present wings prevent a determination of +the
camplete theoretical variation of maximum lift—drag ratioc with sweep
but 1t is noteworthy that the trend indicated by the four lowest
sweep anglea ia similar to that obtalned experimentally.

To give an indicatlon of the relative proportions of the differ—
ence between experiment and theory due to the differences in minimum
drag coeffloient and drag-rise faotor, an additional calculated curve
is included in figure 10(d). This curve was determined using the
experimental minimum drag coefficient at a Reynolds number of 0.62
nilllon and the theoretical drag-rise factor. Thus, the difference
between this curve and the experimental maximm lift-drag curve is
e direct reflesction of the differences in drag-rise factor. The
differences between the two calculated curves is then the result of
the higher experimental minimum drag-coefficient values slnce the
drag—rise factor in both cases waes taken as the theoretical wvalue.
The probable reasons for the differences between theory and experi—
ment were discussed in the preceding sections which consldered the
effects of Reynolds numbers on minimum drag coefficient and drag-—
rise factor.

The value of m of 0.49 at which the maximum experimental
lift—drag ratio occurs 1s clome to that indicated by the theory of
reference 1 for a comparable Mach number with wings having tralling
edges colncident with the Mach lines. It is interesting to note

mntuglP
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that the maximum value will ococur where the rate of decrease of
minimm dyrag coefflclent 18 equal to the rate of lncrease 1n drag-—
rise factor, since at this sweep angle the rate of ohange in (I/D)p.y
(equation (3)) 1s then zero. At the optimum leading—edge sweep
angle (67°) for the wings of the present study, additional data were
obtained at the highest possible test Reynolds number, 0.95 million,
and & valus of maximum 1ift—drag ratlo of 7.4t was obtained and is
indicated in figure 10(d). This increase from 7.l at a Reynolds
number of 0.62 million was found to result from decreases in both
minimum drag coefficient and drag—rise factor as was noted in the
discussion of the Reynolds nunber effect on WF—-63.

The optimum 1ift coefficlent decreases as the sweep angle
increases as shown In figure 10(d)., The reason for this variation
is apparent from a consideration of equation (4) and the variations
of Cpy, ~and Xop/(£C1,)2 previously discussed.

OL
.ELI-J.UU

moment coefficient and center-of—pressure location are plotted in
figure 8 for the positive range of 1lift coefficlents for all configu—
rations in the investigation. It will be noted that the variatlions
of moment coefficient and center—of—pressure position with 1ift
coefficient for all configurations is similsr to that for WF-63

which has been previously dlscussed. The effect of sweep on the
center—of—pressure travel 1s shown by a comparison of figure 8(a) for
WE-5T7 and figure 8(f) for WF—T0. For WF-57, the maximum percent
travel was about 8 percent of the mean aerodynamic chord in a 1ift—
coefficlent range of 0.18, while WF-T70 shows 2l-percent travel in a
lift—coefficient range of only 0.13. Since the actual mean aerody—
namic chord length (table I) of WF—T0 1s greater than that of WF-57,
the absolute center—of—pressure travel 18 even larger than that
indlicated by the difference in percent travel. The effect of
increasing sweep on the center—of-pressure travel 1s thus unfavorable.
Although it was expected that there might be soms change in the
pitching-moment characteristics as the trailing edge passed through
the Mach cone for My = 1.53, no such effect was noted.

-+ - dmlnd e e T e L mtadd mna AP X lale S e
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SCHLIEREN PHOTOGRAPHS

As might be expected there is & correlation between the shock—
wave pattern behind the wing of each configuretlon and the boundary-—
layer flow on the wing surfaces. The location of the compression
wave that exists behind the trailling edge was found to be dependent
upon the area of separated flow and, therefore, also ls affected by
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the Reynolds number. Inspection of figures 17(a) and (b) and the
corresponding liguid-film results, figures 13(a) and (b), indicates
the effect of increasing the Reynolds number on the trailing shock
wave of WF—63 at zero 1lift. This comparison shows that as the
Reynolds number was lncreased the tralling shock wave moved closer
to the trelling edge of the wing. This result is simllar to that
obtalned with tests of bodies of revolution, reference lh, where
increasing the Reynolds number moved the polnt of laminar separation
to the rear and also moved the trailing shock wave closer to the body
base. Although no appreciable rearward movement of the lLine of
laminer separatlon was apparent in the present tests on the outboard
wlng sectlons, there was a decrease In the separated—flow area near
the wing root which moved the 1nhoard origin of the compressilon
forward.

For the 1lifting wings, the point at which the compresslon wave
Joins the trailing edge 1s associated with the area of meparated
flow on the upper wing surface since the compression 1s coincident
with the traliling edge on those sections with reattached turbulent
boundary layer. This result is also similar to that observed in
reference 1k with turbulent flow over bodles of revolution. In this
case the compression wave is attached to the body base. Figures 16(Db),
(d), (£), (), and (J) show that the point of intersection of the
compregsaion line and the tralling edge moves toward the tip as the
aweep angle increases, this progression being the same ag that shown
in figure 14(b) of the extent of the turbulent flow at the trailing
edges.

CORCLUSIONS,

Wind—tunnel testes have been made at a Mach number of 1.53 to
determine the longitudinal characteristics of a wing—fuselage
combination which linear theory indicates should be capable of
efficient flight (maximum 1ift-dreg ratio of approximstely 10) up
to thils Mach number.

1. The following concluslons were obtained from teste wlth
the basic configuration (63° sweep of leading edge) at a Reynolds
number of 0.62 million:

(a) The experimental lift—drag ratio was 6.7 as compared to 10.1
predicted by theory.

(b) The experimental total center—of-pressure travel with 1ift
coefficlent was approximately 20 percent of the mean aero-—
dynamic chord as compered to zero travel predlicted by theory.
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(¢c) The difference between the theoretical and experimental
values of maximum 1ift—drag ratio was found to be a
and drag due to 1ift. These higher values of drag as
well as the large experimental center—of—pressure travel
were associated with relatively large areas of separated’
boundary-—-layer flow.

2. The followling effects of Reynolds number were observed in

tests with the 63° swept-back wing configuration:

(a) Increasing the Reynolds number to 0.84 million increased
the maximum lift—-drag ratio to 7.2 and reduced the total
center—of—pressure travel to approximately 12 percent of
the mean aerodynamic chord.

(b) The improvement in maximm lift—drag ratio resulted from
decreases 1n both minimum drag coefficient and drag due
to 1ift. These reductions as well as the decrease in
total center—of—pressure travel with 1ift coefficient
were attribubted to reductions In the areas of gseparated
flow as the Reynolds number was lncreased. -

3. Tests at a Mach number of 1.53 and Reynolds number of 0.62
million of four additional sweep angles of 57.0°, 60.4°, 67.0°, and
69.9° obtained by rotating the wing penels about the midpoint of the
root chord afforded the following conclusions:

(a) A maximum 1ift—drsg ratlo of 7.1l was obtained at the
optimum leading—edge sweep angle of 67°. The optimum
leading—edge sweep angle resulted from the opposing
effects of Increasling sweep ln decreasing the minimum
drag coefficient and in increasing the drag dus to 1lift.

(b) The effect of sweep in decreasing the minimum drag coeffi-—
clent was associated with the decrease in wing pressure
drag resulting from the increased angle behind the Mach
cone and the decreassed streamwise thilckness—chord ratio.
The increase in drag due to 1ift with increasing sweep
was primarily due toc the decrease in lift—curve slope,

(c) The totel center—of—pressure travel increased with increase
in sweep angle but no sbrupt changes in pitching—moment
characteristics were found as the complement of the
treiling-edge sweep angle became less than the Mach
angle for a Mach number of 1.53.
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(a) At the optimm leading-edge sweep engle of 67°, increasing
the Reynolds number to 0.95 million resulted in a value
of meximm lift-dreg ratio of 7.k.

In all cases where it was possible to compare experimental values of
1ift, drag, and pltching moment with those calculated by the linear
theory, the experimental values were, respectlvely, lower, higher, and
less stable than those indicated by theory. These differences were
due to both the low scale of test and the partisl exclusion of

viscous effects in the theory. The experimental and theoretical
trends with eweep, however, were in good sgreement.

Because of the Iinfluence of the adverse lifting pressure
gradients that caused boundary-layer separatlion close to the leading
edges of the wings in the present study, the theoretlcal values of

meximum 1ift—drag ratic may not bs reallized at full scals with this

wing. These results indicate that the use of camber and wing twist
may be necessary as a means of reducing the gradient to improve the
boundsry—layer flow if the maximum value of lift—drag ratio ias to
be attained.

Ames Aeronautloal Laboratory,
Natlonal Advisory Committee for Aerconsutics,
Moffett Field, Calif.
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TABLE I,— SUMMARY OF GEOMETRIC FPROPERTTIES OF WIRGS

Canf1 = -

wration !Eﬂ‘,;-ﬁj ' (“‘lsin-) :_: (1;.) (1;:5) (pez:nt) (pegt{.:nt) (M;I:.%) *
WF-57 [57.0 | .49 | 7.79% | 0.27 | 1.b52 |1.318| 6.70 38.5 0.83 |0.75
WP-60 | 60.% | h.o3 | 17.809 j 2h | 1.543 {2.391| 6.40 39.2 .76 .66
WF-63 | 63.0 | 3.h2 | 7.223 25 | 1,615 {1455 6.00 0.0 .69 .59
W=7 | 67.0 | 2.71 ] 1.34% 26 | 1.868 [1.646] 5.30 1,5 .60 49
WE=T0 ]169.9 | 2.23 ] 7.600 25 | 2.078 |1.845] L.65 12,6 .53 b

Note: The aspect ratios and mean gecmetric chorde asre based on the wing area including that

blankated by the fuselage. The haper ratios and mean gsometric chords neglect the slight
rounding of the wing tips by assuming them to be straight lines parallel to the stream
directlion and tengent to the outermoet true tip contour,
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TABIE II.— SOMMARY OF RESULTS

indicated in parentheses directly below. Where an asterisk 1s used, the theoretical valus has not been

computed.

Lift Drag Lift—drag ratio
Con— R
p1g= | (o { (9L acy, [ ACp :L [ Acp
tiom :(uon) <d"‘)m (da')opt Omin |L(a0r)® (ACI.)ELW (ra)r o | (%) opt | (/)| i
(per deg) ] (per deg)
we—s7 | 0.62 0.0l 0.048 0.0220 {~ 0.296 0.305 0.70 | 0.8 6.1 |0.25
) (.063) (.063) (.0233)] (.189) (.189) (.68) | (.68) (7.5) |(.35)
.0ko .olT .0190 .303 311 .69 .82 6.5 | .23
w0 62 | oo 1 G | Cowen| (s | e | ey | Geoy | teia) [(i30)
.038 .05 .0210 .336 .354 ST .90 B8 | .21
3L | (.051) (.051) (* | (.18) (.185) (.54) | (.54) (= | (=
WE-63 .038 .045 L0175 .310 .318 .67 .80 6.7 | .21
(.051) (.051) (.0133)| (.185) (.185) (.54%) | (.54) (10.1) {{.27)
8l .038 045 .0160 .288 .300 .66 .Th 7.2 21
) (.051) (.051) (*) (.185) (.185) (.5%) | (.54) (*) (%)
6 .03k .0h0 .0140 347 .35k 67 17 7.1 | .17
P67 . (.043) (.043) (.0112)| (.196) (.196) (.48) | (.48) (10.7) ((.24)
.55 034 »0k0 .0135 .328 .338 66 LTh 7.k A7
i (.0k3) (.0k3) (*) (.196) (.106) (.48) | (.48) {(*) (*)
. .033 .034 .0125 110 120 .78 .94 6.9 15
WP-T0| €2 () (%) (*) (*) () CHRG GRS
Note: For each wing the experimental value is given first and the corresponding theoretical value
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Figure 1.~ Cutaway view of strain-gage balance-system.
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Pigure 2.~ Frploded view of model,
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Figure 3.— Model Installed in wind tumnel.
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Equation for fuselage ordinotes :

Fineness rotio: 25 =25

J |63

Streamwise airfoll se¢ction
NACA 64A 006

{ — 2.286‘"——"'/
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Figure 4.— Design dimensions of basic confiuration, WF-63,

oY







A-13463

Figure 5.- Lift distribution on tapered, flat plate with leading edge swept within the Mac
h cone,
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Frgure 7= Confinusd.
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All experimental dola are for a
Reynolds number of 062 milliion
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Drag-rise foctor, 40p /{40, )

All experimental dafa are for a Reynolds number

of 0.62 miffon excep! where noled.
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Figure 10.- Concluded.

Maximum [fiff-drag ratio, (L/D)ﬂ;ax

5
- [LI/D ! 2
T . f/b‘"‘m ?
~
*7 s \\\ %
et P i) T~}
8 o dfvfﬂ)' \ [\
L R=0.95 million 3
- > / o R=0.84milllon |
N
(L Dlpax s
6l A .
N R=0.3( million o
S
‘.:h
8
4 43
(Ceopt/ipen,| .- %
e -~ 8
2 T 1 _—1 ] _gE
e ™ g
ISR EEEE
N
oLt 1 ¥ i I L I O PN
a ) b L K]
m

(d) (L/D)mox and G‘Lwt




S NACA RM No, A8JOk

“R=062 million | %
025 Al |/ P
/ pd /
7
020
g e >J/) y
$
i Resu/fagf Uz;ca vector . D
o5 I T —=
?Q S%r"’i” e ° @ /( Expe%en! ]
& _ WF-63 .
N 0/0 A A | i
LT L4 -
005 A |
. L~
o1
0 =]
(a) 46,/186)%
II Ll L T
} 0:] O~ A=0.62milllomn
9 \ ~0
o 80 T | Amperlmenf)
x .70 /] QA ] (| ]
o——oT [T ]
60 : k., (theoretical)
A a{th 5
.50 '
4G ZDa (theoretical)
N |
s T —- g = it = -
b D__— r & S < Y 7
N 20 4G, A (experiment)
bﬂ
N\ 0
o 0 0z 03 07 0 0 D7 .08
(a6, )" = (GL-G}_DWM_ }
(9] ¥ 15 20 25

Lift coefficient, G,

(b) 4G and kg

Figure Il.— Variations of parametfers affecting drag due to lift for WF-63.
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Figre 13— Boundary-layer flow patferns on 63° swepi-back wing.
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(2) Wind off,. (b) Wind on.

Figure 15.— Schlieren patterns common to all photographs.
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(c) WF-60; Cp, O. (&) wF-60; Cr, 0.26,

Figure 16.— Schlieren photographs of swept—back wing and fuselage
configurations at a Reynolds mumber of 0.62 million.
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Figure 16.— Continued






NACA RM No. A8JOL T T

(1) WF-T0; Cy, O. (3) We=70: Cr,, O.21.

Figure 16.— Concluded.

(2) R, 0.31 millionm, (b) R, 0.62 million,

Figure 17.- Schlieren photographs of WF—63 wing—tip flow patterns at
zero lift.
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